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STMMARY

It is pointed out that, in the case of an airfoil
of infinite aspect ratio moving at an angle of sideslip,
the pressurse distribution is determined solely by that
conponent of the motion in a direction normal to the
leading edge. It follows that the attaclment of piane
waves to the airfoil at nesr-sonic or supsrsonic speeds
(Ackeret theory) may bes avoided and the pressure drag
may be reduced by the use of plan forms in waiclhi the
angle of sweepbdck 1s greater than the ilach angle.

The analysis indicates that Tor aerodwvnamic effi-
ciency, wings desigrned for fiight at supersonic spesds
should be swept bacl: at an angle greater tian the Mach
angle and the an:sle of sweepback shiould be such that tae
component of velocity normal'te the leading edge is less
than the critical spesd of the airfoil ssctions. This
principle may also be applied to wings <esigned for sub-
sonic speeds near the speed of sound, for which the
induced wvelocitiss result nzg froa the thicliess might
otherwise be sufficiently zreat to cause shock waves.

ITMTRODUCTION

The theory of potential flows witi: small disturb-
ances is particularly suited for application to aero-~.
nautical problems because the assummtions of smeall
- disturbances and isentropic flaws on wnich this theory is
based agree with: the requirements for efficient flight.
Th.eories of large disturbances, which deal with the
formation of shock waves, are of lesser practical interest
since such theories describe the losses of energv. and
tiie large drags assoclated with uiasuitakle forms. -

At subsonic speeds the assumnpbion of small disturb-
ances lsads to tuie well-lmown thin-airfoil theorvy and
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the Prandtl-Glauert rule (references 1 and 2); whereas
at- supersonic velacities this assumption leads to the
Ackeret theory (reference 3), according to which the wing
sections senerate plane sound waves of small amplitude.
The assumntion,of small disturbances, salthough mathe-
matically valid in the limiting case, does not, of course,
insure that such & condlition will exist with an actual
body of finite thickness. Fortunately, experiments have
been made that si.ow in a general way the iimits of appli-
cabillity of this assumption. Of perticular interest are
the experiments of Ferri (reference L) and Stanton
(reference 5).

At present both the experiments and the theory have

been restricted primarily to the two-dlmensional flow B
caused by motion of. the wing at right angles to its long

axis. PFor this case the theory shows a radical change

in the properties of the wing on transition from subsonic

to supersonic speeds. #£t subsonic sreeds the air Tlows

moothly over the wing section and no pressure drag ,

arises. At anzles of attack a suctlon force is developed

nn the nose of the airfail of sufficient mafnitude to ‘ A
bring the resultart air force forward relative to the

chord axis to & position nearly at right angles to the :
relative wind. . As soon as the speed of sound 1s exceeded, ’
however, the nature of the flow changes and these favor-

able characteristics disappear., Instead there arise a

pressure drag oroportlonal to the square of the thickness

and an. additional.draz equal to the 1ift times the angle .

of attack. Thedc adverse effects are associated witi: the
formatlion of plane sound waves by the airfoil. Predic-

tions of the tlieory are borne out by experiments in

supersonic wind tunaels

The purpose of the precent report is to show how
the adversec effects of high speed nay be minimized by
the use of a relatively large angle of sweepbaclk, so
that the type of flow described in the Aclteret theory no-
longer occurs. Certain effects of sweepback have, ol
course, been ‘known for some time (references 6 to 9).
Kissner (reference 8) mentions compressibility efiects
of sweepback at subsonic speeds. BPBusemann (reference 9)
considers. the effect of sweepback at suversonlec speecds
and points out that the drag assoclated with Ilows of _ .
the sackeret {vpe may be reduced by Tthie use of sweepbacl, : o
Busemann does not, however, consider asnzles of sweepback
greater then the Mach anble, which result in & different
type of flow.
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SYRBOLS .

a angle of attack

angle of sideslip or sweepback

)

U, V, W velocity components glong x, ¥, 2

Xy T2 coordinates , . i f\ o
?!'"'“'%tréﬁsfbrmsd'éoéféiﬁ;té ;--”3; S

b wing span

c wing chord; velocity of sound

t thickness |

v velocity of Flight

", disturbance~velocity potential

L 1ift

D drag

Cr, 1ift coefficient

Cn drag cceffiqienti= ‘f““'  -

i kach number *
Ap local pressure differepce

a dyneamlic »dressure

8 spanwise~location parameter (cos"l 5§§->

THEORY OF WING AT AN ANGLE COF SIDESLI

The primary elfects of sweepback may be 1llustrated
by considering the problem of a long and approximately
cylindrical airfoil et az angle of sideslip. Two such
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airfoils may then be combined (with due allowance for
thelr Interference) to give a swept-back plan form. g

Pirst consider the airfoil with its long axis
parallel to the X-axis and with the relative wind at an
angle R to the coordinate system as in figure 1. By
following equation (9&) of reference 2 the differentlal
equation of the flow may be written

2 2 N .
u” jou ¥~ \ovw we \OW __uv Ov __wvw Ov _uw Ow
(1 o2 5?’(1'02)ay+(1‘2é’)5?'22552“02 PRrR Rl

The Prandtl-Glesuert rule follows from the assump-
tion that only the veloclty component u 18 comparable
to the velocity of sound. In the present example both u
and v, since they contaln components of the flight
velocity, are of the order of’ magnitude of the sound -
velocity c¢. On the other hand, 1If the flow patterns in A
planes perpendicular to the lcqg axis of the wing are
similar (two-dimensional flow), the terms 6u/bx and o
6v/dx vanish. ' o

If small velocity disturbances are assumed, the

term w/c¢ may be neglected and the. term 1 1mE§ niay

r 2 . C
be replaced by 1. =~ (l—EEE—ED where V cos [ is the
component of the flight veloclity in the direction normal L
to the long axisg of the wing. By using this relatlon :

and lntroducing the disturbance potential Z, there is
obtained : L ; : : —

o8 2 2 |
[ (Lee ‘3)]5’3 ag (2)

It is important to note that the derivation of this
equation involves no restriction on the flight wvelocity V,
which may be subsonic or supersonic. The rcstrlctlon is - -
that the disturbance velocities Of/dy and d37F/dz be
small relative to c.
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If V cos B 1is less than the sound velocity c,
the substitution

yl:

v :
N 2
\/1 ] (V cos p)
) c
yields Laplace!s equation

2% , o%¢

= 0 1,
5712 32 (4)

and 1t Tollows that the flow patterns are similar to
those occurring in an incompressible fluid except for an
increase aof the pressures in the ratio

1
\/1 _ <V cz‘s 5)2

If V cos f is greater than ¢, the substitution

w
)

(5)

T = . b
\/(V cos ﬁ)z -1
c

results in the hyﬁerbolic eguatlon

% _ 2% _ o
2 529 (6)
0z oy! i
which iIs the basis of the .Ackeret theory.

The derivation of ecuations (li) and (6) is actually
& gpecial case of a morc general statement, namely, that
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the component of translation of a cylindrical boldy in
the directlion of its long axis has no efrfectv on the
rmotion of a frictionless fluid. Tn the case of a wing
of' constant section movirng through still fluid, the flow
is determined by the normal components of wvelocity of
its solid boundaries and these components in turn are
completely specified by the component oi motion in planes
perpendicular to the axis V co3 ., Wnen the normal
component of velocity V cos § 1s less tnan sonic, then
the wing-section flows are determined. by solutlons of
Laplace'!s equation. A4s is well imown, these {lows show
no pressure .drag due to thiclmness of the eirfoll, On.
the other hand, if the normal component exceeds the
velocity of sound, the flow patterns are of a different
type and are -cheracterized by plane sound waves. In
this case a pressure drag arlses and the suction force
at the leading edge disappears ({ig. 2(a)).

& vhysical explanation of the cccurrence of smooth
Ilow patterns and pressurs distributions at supersonlc
velocities is as follows: If V 1s greater than c¢
but V cos [ 1is less, then the angle of =zideslip or
sweepback is greeter than the Mach anzle (sse fig. 2(b))
and the airfoil will lie behind the characteristic lines
along which pressure influences are transmitted (Mach '
lines}. Thus, although the fluid directly upstrean from
a given section can recslve no pressure signal from this
section, the flow behaves as though i1t did receive such
signals bscauss of bthe successlve influence of simllar
sections feartner upstream along the airfoil. The stroam-

ines will thus be caused to curve and follow paths

appropriate to a subsonlic flow, althougi: the speced 1is
everywhere supersonic. o

Figure 3 illustrates the effect of sweepback on the
change in cross section of a stream tube passing near
the upper surface of a cambersd alrfoil., As is well
known, the eguations of fluid motion. show a reductlion in
the area of a stream tube in the region of increased
velocity above the airfoll when the velocity of flight
is subsonic but show an increase 1 tiie cross section
when the velocity of flignt is supersonic. 1In figure 3
the component norm&l to the leading edge V cos £ is
subsonic and hence in section visw the streamlines,
Tollowing the pattern for subsonic wveioclties, sppear.to__
contract as they flow over tiie upper surface. In plan
view, however, the rssolubtion of velocitles shows that
the f'low lines bend as they pass over the wing in such
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a way as to increase the stream-tube area, In case the
velocity of flight is supersonic,; the latter effect must
predominate, as ls required by the equations of motion.

The order of magnitude of the pressure-drag coeffi-
cient and its variation with angle of sweepback are indi-
cated by figure li. The calculations were made by applying
the Ackeret theory and formulas (L) and (5) to a wing of
infinite aspect ratic. A simple biconvex wing section
was assumed and the angle of attack was varied so as to
maintain a constant 1ift coefficient of 0.5. The calcu-
lations were made for a Mach number of 1.l., with the
result that at [j5° the angle of sweepback becomes equal
to the Mach angle_sand the factor

1

Vg -

becomes infinite. At this point the pressure drag due
to thickness becomes infinite and the drag due to angle

of attack (shown by the curve marked E = 0) vanishes,

In the case of & wing of finite aspect ratio, 1t
seems probable that in the reglions of the center section
and the tips pressure drags of the same order as those
indlcated for these sections by the Ackeret theory will
eppear. I the wing is of sufficiently high aspect
ratio, hcwever, the fraction of the wing area affected
will be negligible and the pregsure drag wilil be nearly
that given in‘figure kL. The other drags involved are:
(1) skin-friction’dreg, whick riay be of the order of
0.01, and (2} induced drag, which for am aspect ratio
of 8 is also about 0.01.

WINGS OF FINITE SPAW AND THICKNESS

Schlichting (reference 10) proposes a trapezoidal
plan form with tips cut away at the Mach angle as the
ldeal supersonic wing, since in this case the wake has
no influence on the 1ifting surface and the drar is no --
greater than that of a wing of "infinite span. In the
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plan forms proposed by Schlichting, however, the resultant
force remains at right angles to tl.e cirord; hence the
pressure drag is equal to the 1ift times the angls of
attack. With this ftype of low there i3 mo favorable
effect of aspect ratlo.

It is interesting toe note that a favorable inter-
ference may be obtalned by separating the wing into lifting
elements and staggering the elements in a rearward direc-
tion behirid the Mach llnes as In. figure 5. In the stag-
gered arrangement the upflow oubtside the vortices trailiing
from element A will be efl=ctive et the posltion of B
and, although the 1irft of each elcoment is at right angles
to its chiord, the upfiow permlts the angle of attack of
eiement B to be reduced for the same 1ilt and honce the
lift-drag ratio wilill be iimproved.

According to Munk!'s stﬂg rer theorem (reference 11)
the over~all drag of & lifting syatem in an incounres~
sible flow would not be altered bv changing tie relative
wositions of the 1lifting elements along the direction of
flight. In the type of flow considered by Munk, there-
Tore, a reduction in the drag of' eleunent B, caused by
moving it into & position of greatesr upwasihh (that is,
moving it backwerd relative to 4), would be compersated
by an equal increase in the drazx of element 4, resultlng
from the loss .of upwash at A, (See fig. 5.} In super-
sonic flow, lL.owever, this reciprocsal “elation does . not
exist since & lifting element can produce no upwash ahead
of its Mach cons. Lifting elements spaced at riéht angles
to the direction of fllght therefore have no favorable
interference and it is evident that the 1ift-drag ratio
cannot bs 1mproved merely by increasing tho aspect ratio
of the 1lifting swystcom. Favorable intcecrference can be
obtained only by arranging the lirting elerients behind
the Mach lines, as shown 1ln figure 5.

Purther analysis is needz2d to determ.ne the flow
near the conter . section of the swent-back wing because
in this rezion the flow will not remain two-~dimensidnal,
as has been assumed. Devartures from cylindrical flow
caused by the tips will be small slince their influence
cannot extend ferward of the Mach lines drawn from the
points at which these demnartures orlginate in. the plan
form. As polnted out by Dusemann and Schlichting
(references 9 and 10), cylindricsl flow may be pressrved
rigiht up to the tips by cutting them ofI’ along the Mach
lines. (Ses fig. 6.)
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At large angles of sweepback the Tlow near the
vertex 18 expgected to be glmilsar to that over the low-
aspect~ratio triangular airfoil discussed in rcfereonce 12
figure 7 shows the lift-distribution obtainedr in refer-
snce 12 and shows quglitatively the type of sproxima-
tion involved. oo

FPinite thiclmess is expected to result in a pres-
sure drag on tiose sections near the center oif the wing
and further study is &lso requirsd to establish: the flow
due to thickness In this region. Soume insight into the
problem of flow near tiae.center section may be furnished
by tie known solutions for sunersonlic Tlow in three
dimersions (reference 13). Finite thiclmess may also
cause pressure drasg in regions where the flow is two-
dimensional 1f tie induced valocities are zreat enougn
to cause shock wsves. This effect may be avoided by
increasing the anzle of sweepback so that tixe normal
component of velocibty not only is subsonic butbt is less
than the critical speed of t:e airivoll sections. ° This
prlnclple mey also be applied to wings Gesipgned Tor sub-
sonic speeds near tiie speed of sound.

nengley ifemorial Acronasutical Laberatory
Hational Advisory Commlittee for Aeﬂonautlcs
Langley Field, Va., June 23, 19L5 - .-
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Figure l.- Plan view of airfoil showlng axes used in equation (1).
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(a) V cos B> ec.

(b) V cos B< c.
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Figure 2.- Effect of leading-edge sangle on pressure dlstributlon.
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Flgura 3.~ Change in area of stresm tube over upper surface of swept-back wing.
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Flgure lj,~ Variation of pressure drag with angle of sweepback for
infinite aspect ratlo. M = 1l.4; Cp = 0.5.
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Flgure 5.~ Staggered 1lifting elements 1n supersonic flow.
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Figure 6.~ Wing with tips cut away along the Mach lines.
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Flgure 7.~ Spproximate distribution of lift near vertex of wing with lerge angle of aweepback.
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